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ABSTRACT

This report decribes the development of numerica) techniques for
predicting the flow over two-element airfoil configurations, such as airfoils
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with a slat or a flap, at transonic speeds and for designing such airfoil
systems. The effort was divided in three phases. The first phase involved
the development of a method to compute the inviscid flow over these

configurations. In the second phase the inviscid code was coupled to a |
boundary layer calculation program in order to compute the Toss in performance

due to viscous effects. In the third phase an inverse design code that

constructs the airfoil system corresponding to a desired pressure
distribution was developed.
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LIST OF SYMBOLS

local speed of sound

skin friction coefficient

1ift coefficient

pressure coefficient

blowing coefficient on CCW airfoil
defined by Eq (9)

defined by Eq (9)

defined by Eq (2)

reduced potential

metric of conformal mappings
reduced metric

mapping constants

defined by Eq (8)

Mach nunber

Reynolds number

radial direction in annular domain

radius of inner ring corresponding to secondary
airfoil in annular domain

radius of point of infinity in annular domain
local streamwise coordinate

velocity component in O direction

surface source distribution

velocity component in r direction

cartesian coordinates in physical plane

physical domain = x + iy




]

Subscripts
0

e

angle of attack

defined by Eq (6)

ratio of specific heats

circulation constants for main and secondary airfoils
airfoil coordinate change normal to the surface
displacement thickness

complex annular domain, = reie
azimuthal direction in annular domain
complete potential function

free stream contribution to potential

circulatory flow contribution to potential

density

value at airfoil surface
value at edge of boundary layer

free stream quantity




1. INTRODUCTION

Modern aircraft designs with primary mission requirements in the
supersonic or subsonic speed regimes often are also required to maneuver
effectively at transonic speeds. This can be achieved if high lift
coefficients can be generdted without incurring excessive drag or buffet at
transonic speeds. This conflicts somewhat with the requirements for airfoils
that are designed for efficient cruise at low lift coefficients. However, it
has been demonstrated in tests on modern fighter aircraft that these
conflicting requirements can be reconciled by the deployment of mechanical
high 1ift devices at the maneuver condition. The installation of leading edge
slats on the F-4 aircraft and the deployment of the existing slat on the F-14
in flight have shown significant improvements in the transonic naneuvering the
performance of these aircraft. Although these flight experiments have clearly
demonstrated the usefulness of leading edge slats for transonic maneuvering,
the paucity of experimental data currently makes it difficult to determine
what can be achieved with these maneuvering devices. An experimental study on
such configurations would be extremely expensive in Yight of the large number
of configurations that need be tested and the high speeds and Reynolds numbers
required in a meaningful wind tunnel test program, A theoretical tool for the
analysis of the transonic flow over two-element airfoil systems would be a
valuable first step in aiding the designer by reducing the number of
configurations that need be tested and by providing insight into the flow
phenomena that are present at high speeds.

This report describes the development of a method for computing the
inviscid and viscous transonic flow over an airfoil with a leading-edge slat
or a trailing-edge flap. Numerical methods are described for solutions to
both the direct and inverse design problems, The description of the method
will be brief as details of the work have already been reported in Ref 1-4,
This report is essentially a summary of the work reported in these references
with emphasis given to examples of computed resuits.

The methods described in this report are applicable to general
two-elenent airfoil systems, employing either a single slat or flap. In

general, even the inviscid flow over these configurations is difficult to
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obtain analytically because of the complicated geometry of the multi-connected
domain. Small disturbance approximations (such as that used for this problem
in Ref 5) are not adequate since the interaction of the flow between the

airfoils will in general lead to very large perturbations to the flow field,

Mixed flow relaxation techniques, following the work of Murman and Cole
(Ref 6), are applied to compute the flow about an airfoil with a slat or a
flap at transonic speeds. The approach, as discussed in Ref 1 and 2 and
summnarized in Section 2, is to solve the full inviscid, irrotational flow
equations about two-element airfoil systems., The methodology consists of 1)
the development of a suitable computational plane and grid system, 2) the
evaluation of an appropriate set of governing inviscid equations and boundary
conditions in terms of smoothly varying, single-valued functions in the
computational domain, and 3) the establishment of a stahle and accurate

numerical procedure for the solution of the gqoverning equations.

At high Reynolds numbers, solutions of the inviscid flow equations
provide a reasonable estimate of the 1ift on an airfoil, provided the angle of
attack is below that for maximum 1ift. However, inviscid theory provides no
infarmation on skin friction, form drag, or maximum 1ift of an airfoil. These
important chdracteristics are completely dominated by effects due to boundary
layer growth on both airfoil surfaces. For standard airfoils at lTow speeds,
boundary layer effects are relatively weak at high Reynolds number and can be
treated as a small correction to the inviscid solution. In transonic flows
over supercritical airfoils and multi-element airfoil systems, the situation
is much more severe, with viscous effects playing a significant role in
reducing the 1ift from jnviscid values.

Our approach to computing viscous effects on two-element airfoil systems
is based on interacting boundary layer theory with the inviscid and viscous
flows solved simultaneously in a self-consistent fashion, by iteration. The
development of the boundary layer over the surfaces of the airfoils is
computed with methods based on a turbulent kinetic energy formulation and is
coupled to the inviscid flow using surface source flow boundary conditions,
The effect of the boundary layer on the inviscid flow, and in particular, on
the circulation, will be felt through the boundary conditions involving the
equivalent surface sources. In our analysis we assume that the airfoil

elements are sufficiently far apart so that the boundary layers do not merge
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in the slot region. To account for strong interaction reqions near the
airfoil trailing edges and in the vicinity of shock waves, semi-empirical
smoothing procedures are used. Although a rational analytic approach to the
trailing edge interaction has been proposed by Melnik, Chow and Mead (Ref 7),
it has proved too complicated to implement into our approach at the present,
Most available data on two-element airfoil systems at transonic speeds
indicate substantial regions of flow separation. In the absence of a
definitive theoretical method for treating turbulent separated flows, we
resort to a semi-empirical procedure to model this phenomena. Details of our
viscous flow method are given in Section 3.

We applied our method to several typical slatted and flapped airfoil
configurations and have compared the results with existing wind tunnel test
data. A discussion of these results is presented in Section 3. This section
also contains a theoretical study of a typical fighter aircraft slat system to
demonstrate how such a study can be used to supplement and even partially
replace expensive experinental investigations. Used in such fashion the
analysis program becomes useful as a tool for designing transonic maneuvering
systems because for the first time it provides some insight into the
conplicated flow fields that are set up when two closely spaced airfoil
elements operate at high speeds.

An even more valuable tool for the design of two-element airfoil systems
is the numerical solution of the inverse problem where the configuration
required to produce a desired pressure distribution over either or both
elements, or parts of them, is constructed. In Ref 8 the inverse problem for
two- (and multi-) element airfoil systems has been addressed for the case of
incompresible flows. Section 4 describes a method for generating the
two-element airfoil configuration corresponding to a desired pressure
distribution at supercritical speeds. The design of the configuration is
achieved through sequential modifications of a pair of initial profiles. The
required modifications are arrived at by the numerical solution of the flow
field about the current profiles with Dirichlet-type boundary conditions.
Both the full desiygn problem, where the entire configuration is to be
constructed, and the mixed design problem, where only one of the airfoils or
segments of either are to be altered, are discussed. Several design cdses are
presented in Section 4., In Section 5 recommendations for further research in

both the analysis and design problems are discussed.
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2. THE INVISCID FLOW OVER TWO-ELEMENT AIRFOILS

The methodology employed in the computation of the inviscid flow over
two-element airfoil systems has been described in previous reports (Ref 1-4);
only a brief summary will be given here. The first step is to transform the
infinite domain about the airfoils into a finite one where the surface and
far-field boundary conditions can be satisfied more easily. A suitable
computational space for the doubly connected physical domain of a two-element
configuration z = x + iy in cartesian coordinates, is obtained hy mapping
this into an annulus, ¢ = reie, r and g being the polar coordinates. The
transformation itself follows froin the work of Ives (Ref 9), and it is the
result of five sequential mappings. The first, a Karman-Trefftz transforma-
tion, removes the corner at the trailing edge of the main airfoil and opens
this up into a near circle. The second, a numerical mapping, converts the
near circle into a perfect one., Then the second airfoil is opened up into a
near circle by an analytic removal of its trailing edge corner, and
subsequently its geometric center is transferred to the center of the circle
representing the main airfoil. In the last step the near circle representing
the second airfoil is mapped into a circle. The last three mappings are
constructed in a way that retains the shape of the first circle. The five
mappings are all conformal and with this transformation the entire physical
space is mapped into the annular region between two circles with infinity
becoming a single point between them. The mapping sequence is illustrated in
Fig. 1.

The governing equations for the inviscid, irrotational compressible flow
are written in the computational domain using the metric of the mapping. By
the introduction of a potential function, ¢, the number of equations is
reduced to one. The mapping introduces several singularities in the equation
for the potential, but since the mapping is analytic and the transformation is
known everywhere, the singularities can be removed analytically. Near
infinity (¢ = Q») the metric of the mapping, H = lgﬁ—l, behaves as (_:E—Y?—
where k is a complex constant (K1e1K2). The metric is normalized by %tsw
behavior at infinity so that a simooth bounded function

H = X H (1)
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f=]¢- ri[ =2 . 2rr_cos g + rl (2)

A single-valued, continuous reduced potential tunction, G, can be defined by

subtracting terms corresponding to the free stream and circulatory flows
around each elenent from the full potential. Thus,

QPP
' results. Here

G= 09 "% (3)
where
r K
: ¢ = - 5 [r cos(o+a - K- cos(a-K,)] (4)
? -1 A7
} b, = - (r1 + r2)tan 1[ /{-Mw tang] - I'o0 (5)
) and
= - _ -1 r sin o
B = Ky - otn - tan © [ cos8 - rl (6)

M_ is the free stream Mach number and Ty and Ty are the circulation

constants about the main and secondary airfoils, respectively. With u and v as
the velocity components along the coordinate lines and the local speed of
sound, a, the equation governing the flow can now be written as:

22 1 1
(a%-v )fGrr - 2uv [r Gg - r2 (Ge - rz)]
1 1 2 7)
2 2 2 Y u . _
+ (a"-u”)f( ;?’Gee + ;-Gr)+(u +v )Kl(vHr 5 HO) +1 =0
v h L = duy [(r-r coso)(G -r,) + r2r sing G_]
where L = “r P g 2 ® r
- (8)

r
+ 2(u2+v2)[(r~rmcose)6r - ;7-sine(Ge—r2)]

T




(ry +1,) El 2(u2-v2)(r-r cose)r sin o
S\ry T ) w o
(8)
(contd)
2 .2 2 . 2
+ 2 uv (f-2r] sin“e)-E,[a"f-(vr_sine - ur + ur_ cos 6)"]
and
1-M2 -M2sin2e 0
E, = —_ s E, = ————m 9
1 1-Misin28 2 l—MEsinZB
Also
2= Lo (5ha-td) (10)
M

where v is the ratio of specific heats.

The equation is of mixed type and it is solved by replacing it hy its
finite difference analog at the nodes of a suitable grid in the computational
plane. In the annulus a simple polar coordinate system emanating from the
center automatically generates an orthogonal grid in which both airfails lie
along grid lines. An accurate application of the boundary conditions is then
made in a relatively straightforward manner. The boundary conditions are that
the normal component of velocity be zero at each surface

v=0 orr=1and r=rg (11)

The finite difference analog of this equation is generated by introducing
“dummy" grid lines beyond each surface grid line. As described in Ref 2, an
additional stretching is used to concentrate grid points near the leading and
trailing edges of both elements and to place both trailing edge points and the
point of infinity at grid nodes.




The numerical procedure employs standard relaxation techniques along
with a nonconservative, type-dependent, rotated difference scheme. To make
sure that the field is never swept at more than 90° from the streamline
direction, the computational domain is divided into four regions using the
ring going through the infinity point, as shown in Fig. 2, and then the region
over each of the airfoil surfaces is swept from the leading edge to the
trailing edge. Fig. 3 shows a typical computational grid as it appears in the
physical plane. This procedure leads to a high level of concentration of mesh
points is obtained near the leading and trailing edges and in the gap.

A good set of initial conditions for the reduced potential to start the
iteration process is given by the incompressible solution for the flow over
two circles which can be written in closed form as a series. At the end of
each iteration sweep the two circulation constants, 'y and T, are
evaluated by applying the Kutta condition at each trailing edge.

2.1 RESULTS OF INVISCID ANALYSIS

The variety of two-element configurations that can be analyzed by the
method is illustrated in Fig. 3 through 11. The configuration shown in Fig.
3, together with a representation of the computational grid as it appears in
the physical plane, is a Clark Y airfoil with a 30% Maxwell slat, and the
pressure distributions computed for a Mach number of 0.6 and an angle of
attack of 6° are given in Fig. 4. The angle of attack is the angle between the
airfoil's reference line and the free stream direction. The figures show very
large supersonic regions can be seen to be present on both elements. These
are more evident in Fig. 5, which shows the sonic lines along with some
computed streamlines, Figure 6 gives the streamline pattern and the
supersonic regions as they appear in the annular domain. Figures 7 and 8 give
the computed pressure distribution and Mach number contours for an
airfoil-fiap arrangement.

Transonic data for two-element airfoil systems are scarce, and there are
little data at any speed where viscous effects are negligible. However, data
recently made available by the David Taylor Research and Development Center
have made possible the verification of the results of the method. The
airfoil-slat combination shown in Fig. 9 was designed for low-Speed
application on a circulation control wing. The unconventional back end of the
main airfoil was designed to operate as a Coanda jet. A jet of high velocity

9




air is ejected tangentially along the upper surface near th2 trailing edge of
the main airfoil. The jet wraps around the rounded trailing edge entraining
the outer flow. The result is an airfoil system with a very high circulation.
The slat is deployed to prevent flow separation near the leading edge of the
main component., The case shown in Fig. 9 is for a Tow Mach number, an angle
of attack of 12°, and zero blowing. Because of the small amount of aft
loading, viscous effects on the main airfoil are small; because of the high
angle of attack, there is very little separation on the slat. As a result
there is very good agreement between the computations and the experimental
data. Leading edge expansions are predicted correctly on both elements. The
only discrepancy is on the lower surface of the slat where a small separation
bubble is likely to exist. The 1ift coefficient on this configuration is
1.83.

Blowing can be simulated in the computational method by adjusting the
positon of the stagnation point on the main airfoil, as seen in Fig. 10. The
location itself is chosen to match the circulation around the main airfoil.
The streamline pattern in Fig. 10 has been computed for an angle of attack of
4.6° and a moderate amount of blowing. In this case the slat is practically
aligned with the oncoming flow. The computed pressure coefficient distribution
and the experimental data are compared in Fig, 11, Agreement in this case is
even better. Now there is no flow separation on the lower surface of the
slat, and there is good agreement in this region also. Leading edge peaks are
correctly predicted and the large expansion near the trailing edge of the main
component corresponding to the Coanda jet is also in agreement. The 1ift
coefficient in this case is 4.70. It should be mentioned that because of the
rounded trailing edge of the main airfoil, a slight modification of the first
mapping step was necessary. Since there are no corners on this airfoil
element, the rear singular point appearing in the mapping is placed inside the
airfoil rather than on the trailing edge itself.

The reduced importance of viscous effects on the last configuration has
made it possible to test the accuracy of the inviscid analysis program, The
absence of such phenomena is unusual, however, and an accurate prediction
method should account for the effects on performance due to boundary layer
growth on the airfoil surfaces.

i
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Fig. 5 Computed Streamlines in Physical Domain
Clark Y Airfoil With 30% Maxwell Slat, M_, = 0.65, « = 6°
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3. THE VISCOUS FLOW OVER TWO-ELEMENT SYSTEMS

3.1 BOUNDARY LAYER CALCULATION

The development of the airfoil boundary layer is assumed to be driven by
the inviscid flow with equivalent surface sources. At transonic speeds the
growth of the boundary layers on the upper and Tower surfaces of an airfoil is
highly unsymmetrical. High aft-loadings cause a rapid thickening on the upper
surface of the airfoil and a thinning on the lower surface as the trailing
edge is approached. The net effect is to produce a strong uncambering of the
“equivalent" airfoil shape, which leads to a sharp reduction in lift. This
uncambering effect could also be looked at as a strong upwash at the rear of
the airfoil. In the present method the effect of the boundary layer on the
inviscid flow, and the circulation in particular, will be felt through the
updated computation with the equivalent source strength on the airfoil
surface. It is assumed that gap sizes are large enough so that the boundary
tayers of neighboring surfaces do not merge. In addition, the effect of a
finite thickness wake passing over the downstream element is ignored. In
Yight of the practical sizes of slats fc:~ transonic applications these
assumptions are not unreasonable.

The growth of the laminar boundary layer over the forward portion of the
airfoil is computed using an integral method based on the approach of Thwaites
(Ref 10). At transonic speeds the laminar run on an airfoil surface is
usually quite short, and it was felt that sufficient accuracy would be
obtained with an integral method. The particular formulation employed is that
described by Rott and Crabtree (Ref 11) who, by the use of the I1lingworth-
Stewartson transformation, showed how the compressible laminar flow on a
surface is reduced to an equivalent incompressible flow that can be computed
by Thwaites' original method. Transition from laminar to turbulent flow is
still an imperfectly understood phenomenon and difficult to predict. Several
empirical criteria, such as Crabtree's and Michel's both, reported in Ref 12,
are a.ailable. Alternatively, the point of transition can be specified in the
computational method. Since transition is most often fixed in wind tunnel
tests, this feature is extremely useful. In addition, should taminar

separation be predicted the transition point is fixed at the laminar

21
PHECEDING PAGE BLANK=-NOT F1LMD




separation point and the computation is continued as a turbulent boundary
layer. Transition is assumed to occur instantaneously, and from this point on
the turbulent boundary layer solution is obtained with either Bradshaw's
finite difference method (Ref 13) or Green's lag entrainment method (Ref 14).
Starting conditions for the turbulent calculation are obtained by requiring

continuity of the mass and momentum fluxes within the boundary layer during
transition. Bradshaw's method integrates numerically along the surface three
equations: the mean motion equations for continuity and momentum and an
empirical equation for the shear stress obtained from the exact turbulent
energy equation. Since the three equations are of a hyperbolic nature, the
integration is performed by marching along the surface. This method has been
shown to be very accurate for a wide variety of flows. Green's method solves
at each station along the surface a system of three equations: the momentum
integral equation, an entraimnent equation, and an equation for the streamwise
rate of change of the entrainment coefficient. The last of these equations
was developed from Bradshaw's empirical equation for the shear stress. Thus
the two methods have the same physical foundations, and the results of the two
methods agree very well and produce essentially the same results in the
program. Both methods are included in the program now because of the
advantages each might have in future developments of the viscous analysis
method. Green's method is capable of continuing the calculat‘on beyond the

trailing edge to determine the thickness of the wake. It is planned to
examine at a later time the effects of a finite thickness wake and of the
merging of the boundary layers and/or wakes from the two airfoil elements on
the results of the program, especially for configurations where the elements
are closely spaced. In cases where the interaction of the merging shear
layers is strong integral methods may become inaccurate and the use of
Bradshaw's finite difference method may be required.

The boundary layer computation provides the distribution of displacement
thickness and skin friction over the airfoils. The latter is integrated to
yive the skin friction drag on the airfoil configuration. Following the
approaches taken in the theoretical wmethods of analysis for single-airfoil
transonic flows and multi-element incompressibie flows, the major effect of
the boundary layer on the inviscid flow is through weak displacement effects.

Thus a correction to the inviscid solution can be obtained by allowing for an
appropriate mass flow at the airfoil surface (Ref 15). [
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These procedures are uniformly valid in regions where the surface
geometry is smooth and the inviscid surface pressures are regular. But in
regions of strong interactions, such as trailing edges and shcchs, ordinary
boundary layer theory breaks down. In these regions, semi-empirical
corrections are made to compute the displacement effects. At shock waves the
computed pressure is sreared over a few mesh poinis. Hence, in such a region,
the boundary layer will thicken considerably without separating, allowing the
boundary laver computation to proceed. Sometimes the pressure rise through the
shock is so large that the smearing will not prevent separation. At trailing
edges the displacement thickness is extrapolated from upstream to represent a
siooth streamline passing over the trailing edge. The local trailing edge
solution given by Melnik, Chow and Mead (Ref 7) provides a much better model.

3.2 COUPLING OF INVISCID FLOW AND BOUNDARY LAYER

Lighthill (Ref 15) showed that the effect of the boundary layer on the
outer inviscid flow over a surface is equivalent to that of a distribution of
sources on the surface whose strength at any station is given by

= 1 3 *
vS 5 s (pus ) (12)
where &* is the displacement thickness of the boundary layer, eis the
density and u the tangential velocity at the edge of the boundary layer. The
Neumann problem for the inviscid flow discussed in the previous section is now
solved subject to the boundary conditions:

v=vgonr=1andr=rg (13)

The solution for the viscous flow is then obtained by solving iteratively for
the outer inviscid flow and the boundary layer. An initial guess of zero is
usually taken for the soirce strength, vg. This value is updated after each
boundary layer computation. Since separation is a frequent problem in
multi-elenent airfoil systems (especially on concave surfaces near the
entrance of a slot), a crude separated flow model has been incorporated into
the program to enable it to run to completion. However, results in cases where

the wodel is implemnented are not necessarily accurate.
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3.3 VISCOUS FLOW COMPUTATIONS

The inethod has been applied to a variety of two-element airfoil
configurations and a few typical results are presented here. In order to
evaluate tie oerformance of the method, independent of the particular strong
interaction models and possible wind tunnel blockage corrections, an essen-
tially incompressible case is considered first. Figure 12 shows the computed
and measured {Ref 16) surface pressure distributions on an NACA 23012 airfoil
with a 2H flap. The plot depicts the inviscid calculation, the viscous
interaction calculation, and the wind tunnel data. The computed boundary
layer growth on the main airfoil surface is small. On the flap upper surface,
a separated flow region occurs which has a large effect on the 1ift, The
agreement with experimental data is excellent except in the vicinity of the
Teading edge of the flap. The discrepancies in this region are possibly due to
sliyht differences between the geometry of the configuration tested and that
modeled by the computation. The wind tunnel model has a lang lip extending
from the trailing edge of the main airfoil. This protuberance, whose length
is about 5% of the chord, was used to seal off the slot when the flap was
retracted and reached over the leading edge of the flap, when it was extended.
The conformal mapping method used in the computation cannot handle this
geometric complexity. However, the modeled geometry, as shown in Fig. 12,
seemed to produce quite acceptable results over most of the configuration.

Little transonic data on airfoils with leading edge slats is available,
and, as in the previous case, these configurations have regions of separated
flow. In Fig., 13, the computed pressure distribution and the experimental
data (Ref 17) for an NACA 64A010 airfoil with a slat at Ma>= 0.7, o= 6° and
Re = 7.8 million are compared. Lower surface separation on the slat
drastically alters the flow through the siot, and again substantial
discrepancies occur near the l-=ading edge of the downstream element (for this
case the main airfoil). The method predicted separation near the lower corner
of the slat (which has been rounded slightly), but no attempt was made to
model the massive separation region on the concave surface of the slat.
Separation was also predicted on the upper surface of the slat, near the
leading edge. OUn the main airfoil, away from the leading edge (slot) region
agreement with the data is satisfactory with the shoz¢ wave predicted in

approximately the correct location,
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The configuration shown in Fig. 14 was obtained from a basic NACA 64A406
airfoil (Ref 5). The geometry of the system reduces to this profile when the
slat is retracted except for an opening on the lower surface., The flow
separation on the slat does not affect the flow coming out of the slat as much
as it did in the previous case. The slenderness of the slat in this case
reduces the size of the separation regions. The pressure distribution on the
main airfoil is predicted quite well, including the multiple peaks near the
leading edge. Figure 15 shows the Mach number contours for this case. It is
interesting to note the pocket of supersonic flow existing in the slot. The
exit of the slot is essentially sonic with the flow quickly reaccelerating to
supersonic velocities behind it. This pattern is reflected in the multiple

peaks in both the computed and experimental pressures.

Figure 16 gives the computed results and the data for the same airfoil
system with the slat moved forward, thus increasing the gap size between the
two elements. Again there is evidence of lower surface separation on the
slot, but not to the sane extent as in the previous case where the slat was
further back. With less separation, in this case, agreement between data and
theory on the slat is improved. The expansion into.the shock on the airfoil
is overestimated although the initial spike on the nose in the pressure
profile is well predicted. The computed Mach number contours for this case
are depicted in Fig. 17. Figure 18 gives the result for a third position of
the slat, which is moved down and rotated counterclockwise with respect to the
last case. Agreement between computed and experimental results is again quite
good, on the main airfoil element. Separation on the slat on the lower
surface and on the upper surface near the leading edge can explain the
discrepancies observed here.

The wide range of applicability of the method is demonstrated by the
results given for the airfoil-flap configuration in Fig. 19. This is in fact
the first supercritical airfoil developed by Whitcomb (Ref 18), and the
calculations are the first for this airfoil system. The two airfoil elements
are very close and there is a large overlap. Also, the aft portion uf the
main airfoil is highly loaded as is the entire flap, a characteristic retained
in the later single piece supercritical airfoils. All the features of the
flow are well predicted and overall agreement is good, again with the
exception of the slot exit region,

st e i




2.3 W SECONDARY ELEMENT MAIN ELEMENT
16 1 o
[l
P )
I ,' [e]
43 3 o
. .
c* N Cec .
p : M [ 0 PR
08 R T . ° ¢ 'o"
2 A, K Ve,
cpP [¢] ".‘ e Q °
& o
. Ca, t
03 ::, c"‘f . 'V'Ooo 3\
«i =0 N H
s e
0.2 ~a : ot 5z0f S
- . .D'D ot %o a o
N . 1]
o2
* ug
0.7 » o,
. . + x THEORY, C, = 0.905
c . O O EXPERIMENT, Co = 0933
1.2
— e -~ —
- -

0737-014(T)

Fig. 14 Computed and Experimental Surface Pres,ure Distributions: NACA 64A406 Airfoil With 7.8A
Slat; M, = 0.649, « = 4.6°, Re = 2.0 x 10




0737-015(T)

Fig. 15 Computed Mach Number Contours: NACA 64A406 Airfoil With 7.8A Slat;
M, = 0.649, o = 4.6°, Re = 2.0 x 107
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All the calculations have been done at the Mach number and angle of
attack quoted for the data by the experimenters. Thus, the possible influence
of wind tunnel blockage and flow angularities was not taken into account. Not
unexpectedly, the comparisons with data have been warred by the presence of
substantial regions of separation. But the reason for undertaking this study
was to develop a method that would help in the design of transonic maneuvering
devices, and hopefully a good design would eliminate, or at least mimimize,
the extent of flow separation. The present method can be used to infer the
degradation in performance due to separation. The generally poor agreement
between data and theory locally near a slot exit seems to indicate that a
better viscous model aof the flow is needed in this region. The present semi-
empirical model for the trailing edge interaction region, although globally
adequate, should be replaced by the more rational model proposed by Melnik,
Chow and Mead (Ref 7). It also appears that the thickness of the wake passing
over a downstream elemnent should be accounted for, as should the pnssible

merging of the wake with the boundary layer of the downstream element.

The numerical method, as has been shown, can handle an arbitrary
two-element airfoil configuration. The computed results presented here were
obtdained on a series of three grid distributions, with a fine mesh of 120
circunferential points by 58 radial points in the mapped domain. A typical
supercritical case requires about 40 minutes of computing time on an IBM
370/168 computer, The computer code is far from being optimized and
computational efficiency can be improved. The most time consuming portion of
the inethod is the solution of the inviscid flow by relaxation methods.
Recently developed techniques can achieve convergence to a solution in
computing times much shorter than those required by relaxation. They will he
discussed in Section 5,
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4, THE INVERSE DESIGN PROBLEM

The approach to the desiyn of two-element airfoils described in this
section is an extension of the procedure used in the single-airfoil problen
(Ref 19,20). A difficulty with inverse design methods is that no correct
tormulation of the inverse problem has yet been given for compressible flow
even for the single-airfoil case. Lighthil) {Ref 21) showed, for the single
airtoil probltem, that in incompressible flow the inverse design problem is
properly posed only if the desired velocity distribution satisfies three
closure conditions. Two of these conditions imply that the trailing edge
should be closed. The third condition implies that the free stream speed
cannot be specified independently of the surface speed distribution.

Lighthill was able to express these conditions in closed form and showed now,
by the introduction of three adjustable parameters into an arbitrarily
specified speed distribution, a solution could be obtained in every case. No
closed form expression of the three constraints has been found for the inverse
problem in compressible flow, but the existence of these constraints is
deduced from the fact that the incompressible problem is a special case of the
compressible problem, Failure to satisfy the first two constraints results,
in general, in an airfoil shape with an open trailing edge. Failure to satisfy
the third condition precludes the existence of any solution. In a numerical
computation scheme this nonexistence of a solution appears as a convergence
problem. Acceptable solutions can be attained, however, if the desired
pressure distributions are obtained by making "small" modifications to
pressure distributions generated from direct solutions. The consequences of
violating the third constraint in these situations appear to he minor and the
method described here (and also in Ref 19 and 20) is confined to such
problems, This class of methods fails completely when more general pressure
distributions are prescribed. Research recently completed has led to a method
by which, as in the incompressible case, the single-element inverse problem
can be solved in every case by introducing free parameters in an arbitrary
target speed distribution. Although this method is to be extended to the
two-element case, the design procedure described in this section operates
under the limitations discussed above. Nonetheless, the procedure can handle
meaningful design cases, as will be shown,
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The "simple" design problem in which the pressure distribution is
specified on both bodies and the shape of both airfoil elements is sought is
only one of several possible design problems that can arise in two-element
systems. In the terminology of James {Ref 22) one can also have the
simply-mixed design problem, in which the pressure distribution is specified
for one element and the shape is prescribed for the other. Also possible is
the multiple-mixed design problem, in which either pressure or shape are
prescribed piecewise on either body. The two latter praoblems require the
solution of mixed type poundary condition problems, which entail some
additional difficulties,

4,1 FULL DESIGN FORMULATION

The description of the inverse procedure is restricted initially to the
“simple“ design problem, Modifications to the method in the case of a mixed
desiygn case are addressed later. The procedure requires that an initial
configuration be prescribed. This initial configuration provides boundaries
on which the desired velocity distribution can be imposed and also an
approximate metric function for the computation of the flow in the annulus,
These initial boundary profiles are not required to be streamlines; in
fact, the desired contour is assumed to be given by some neighboring
streamline. An iteration is obviously required to make the airfoil boundary a
streamline of the flow. As mentioned earlier, the present approach is
restricted to cases where the target velocity distributions are modifications
of direct solutions. These target distributions are defined as functions of
the azimuthal coordinate 6: u(n) = F(N) (e;rn), N = 1,2, with
ri = 1 and rp = rg. These velocity distributions are assumed to be the
tangential velocities at the two boundaries so that a line integral about each
of the two boundaries gives the two circulation constants of the flow:

2n
HK
o1 1 (1),
N 7 F'"/(e31)de (18a)
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ﬁ is the metric function corresponding to the mapping of the current estimate
of the airfoil confiquration. In the finite difference scheme u(1) and

u(2) are given at midpoints ¢f the mesh inte:val. Then, with the

circulation constants known, the value of G, at each of these points can be
found:

PR (W)

.
o 2t F [HKF

r )
+ (F1+F2)E1(rmcose—r)-? ¢10], N=1,2 (15)

Integration of these functions along each boundary gives the value of
the potential at each grid point on the boundary itself. The constants of
integration are such that the values of the potential at the trailing edges
are the same values of the solution to the direct, Neumann, problen to the
configuration. This strategy has proved to be adequate, but a series of
direct and inverse flow problems becomes necessary. The potential functions
obtained by integration provide the boundary conditions for the inverse,
Dirichlet, problem. The same numerical scheme as in the direct problem is
used to solve this problem. As part of the solution a velocity component
normal to the computational boundaries, v = Vg, is computed there. These
velocities are used to modify the airfoil shapes by a mass flow analysis near
the boundary. Thus denoting by & the distance by which the point
(x;> ¥j) is to be shifted in a direction normal to the boundary in order

for it to be on a streamline, the shift at the next grid point (xi+1,y1+1)
will be

[(°V)1+(°V)i+1](si+1‘si)} (16)
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These 6&'s are computed by marching from the leading to the trailing edge on
each surface of either airfoil. Initial values are supplied by a local
analysis near the stagnation points. Once the new airfoil ordinates have been
generated the new configuration is mapped into the annulus and a direct
ssiution is found. A new Dirichlet problem is then set up and the process is
repeated until the computed normal velocity component, vg, is reduced below

a given tolerance.
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At the end of any particular inverse step, if the trailing edge points
of the upper and lower surfaces of a contour do not coincide, the lower
surface is rotated to achieve closure. Then on analysis of the newly-designed
airfoil configuration, eventual discrepancies between the computed velocity
distribution and the target give indications on how the target should be
modified to maintain closure., Thus, in the present method, trailing edge
closure is achieved by carrying out a sequence of inverse and direct
solutions, ldeally the target velocity distribution should contain parameters
that can be adjusted automatically to achieve closure. An additional
parameter to account for the third constraint mentioned above should also be
present to enable the design method to function even in cases where the
targets are not "small" modifications of known direct solutions. However,
even as formulated, the present method, which reflects the current state of
the art, is quite useful as it will be demonstrated.

4.2 MIXED DESIGN

An alternate design strategy might require the re-design of only one of

the airfoil elements. In such a case velocity inputs are required on only one

contour, and boundary values for the reduced potential need to be generated on
only one boundary. The approach parallels the one for the full design case.
In the mixed design case now one of the circulation constants is fixed by the
target velocity input. The other is determined by the requirement that the

Kutta condition be satisfied at the trailing edge of the airfoil element which i
is being kept fixed. The flow field is then ¢ s uted with Neumann-type
bounddry conditions on one boundary and Dirichlet-type on the other.

Periodically, the potentidls on the Dirichlet boundary have to be recomputed

to reflect the latest value of .1e circulation constant associated with the

unaltered shape. Once the relaxation process is converged, construction of

the one airfoil takes place as before. The procedure again alternates between

T—

direct and inverse modes of solution to maintain trailing edge closure (by
possibly altering the target velocities). Also, the direct problem provides
an integration constant and an initial value of the circulation constant of
the unaltered shape, which are needed to generate the Dirichlet-boundary
potential from the target velocity.
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4.3 EXAMPLES OF INVERSE DESIGN

Cases illustrating both design strategies are presented in this section.
The target pressure distributions are generated as modifications of direct
solutions. This is, however, exactly the mode by which airfoil design is
done. Uften in practice airfoil design is directed to the removal of some
undesirable feature of the flow. The present method successfully accomplishes
this.

The slat configuration shown in Fig. 20, typical for a modern day
fighter design, has a considerable supersonic region when analyzed at a Mach
number of 0.6 and an angle of attack of 6°. The supersonic region is seen
more clearly in Fig. 21. As an exercise in two-element airfoil design it was
decided to cut off the supersonic region by setting a lower 1imit to the
pressure coefficient, as shown by the dashed line in Fig. 20. In this
exercise, the slat, which is entirely in a subsonic stream, was to remain
unchanged. Only the main airfoil element was to be altered. The results of
the design program after one cycle are shown in Fig. 22 and 23. Figure 22
gives the new configuration along with the old one, and Fig. 23 depicts the
pressure distribution computed on the new configuration, along with the
desired input. As seen here the extent of the supersonic region has been
reduced substantially, but there is a considerable discrepancy between the
desired and the actual result. It will be remembered that the need for
iteration in this approach to airfoil design was mentioned. In fact, if the
design exercise is followed through two more cycles, much better results are
obtained. Figure 24 compares the results of an analysis of the configuration
obtained after three design cycles with the desired pressure distribution.
The agreement now is quite good, and the result essentially has been achieved.
The supersonic region that existed on the main airfoil has a'most completely
disappeared, In Fig. 25 the final two-element configuration is compared to
the configuration obtained after a single design cycle. In comparing this
figure to Fig. 22, one can see that a large part of the changes to the
ordinates were actually achieved during the first design cycle. The changes
become smaller on later cycles, almost as "fine-tuning” the shape.

To demonstrate the wide range of application of the program, it was
applied to the flap arrangement shown in Fig. 26. This classical NACA
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Fig. 21 Mach Number Contours on Modified NACA 64A408 Airfoil with Slat, M_=06,0=6"
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Fig. 22 Airfoil/Slat System Atter One Design Cycle; Main Airfoil Only Modified; M., = 0.6
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Design Cycle; M__ = 0.6
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Fig. 24 Pressure Distribution Computed on Airfoil/Slat System Attained After Three
Design Cycles; M, = 0.6

43

T T o L P AT N LW T g,




0737-025(T)

CONFIGURATION ATTAINED AFTER THREE DESIGN CYCLES

------ CONFIGURATION CONSTRUCTED AFTER ONE DESIGN CYCLE

— e

,.:“" \\

e — e T
I R i e e ma o S e e S s S

Fig. 25 Airfoil/Slat System Attained After Three Design Cycles; Main Airfoil Only
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contiguration was actually designed for low-speed applicaticns; at a Mach
number of 0.55 and an angle of attack of zero degrees, substantial supersonic
regions appear over both the main airfoil component and the flap. The Mach
number contour chart in Fig. 27 makes these nmore evident. Again, as an input
to the design program, the “plateau-like" distribution given by the dashed
line over the main airfoil in Fig. 26 was used. The goal was to achieve this
distribution by altering only the main airfoil element. Figure 28 gives the
contour achieved after one cycle, and Fig. 29 compares the computed pressure
distribution actually achieved on this new configuration with the desired
distribution. 7Tne result has largely been achieved after a single desiqn
cycle. However, if one looks at the flow over the flap, one sees that the
supersonic region on the flap has become slightly larger with 4 stronger
shock., Thus, while the design program achieves its goal, the actual result is
not entirely desirable.

A much more interesting design goal for this configuration would be to
el iminate the supersonic regions over both components, allowing both of them
to be altered. This would be an example of what was called the simply-mixed
design mode earlier. The results of exercising the programn through one cycle
in this mode are shown in Fig. 30 and 31. As seen in Fig. 31, a large
expansion still exists near the leading edges of the main airfoil and the
flap, although not nearly as high or as wide as on the original confiquration.
Because of the large interaction between the two airfoil elements and the
large size of the flap, this is a much more difficult design, and the design
should actually be carried out through a few more cycles. In fact, if it is
followed through three more cycles, the results achieved are much better. As
Fig. 32 shows, the supersonic regions have been reduced drastically, and the
agreement between the desired pressure distribution and the one computed for
the last configuration is very good. There is just a small discrepancy on the
flap. This could possibly be eliminated if one carried out further design
cycles. Figure 33 depicts the configuration obtained after four design cycles
along with the one obtained after a single cycle. Fiqure 34 sunmarizes the
changes dde to the flap. Note that the flap trailing edge is slightly open
after four cycles. This was found to be necessary by the program in order
that a positive thickness be available along the entire flap chord.
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Fig. 27 Mach Number Contours on NACA 23012 Airfoil with 2H Flap; M_, = 0.55, o = 0°
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Fig. 29 Pressure Distribution Computed on Airfoil With Flap System Constructed After
One Design Cycle; Main Airfoil Only Modified; M__ = 0.55
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Fig. 30 Airfoil with Flap System After One Design Cycle; Both Airfail Elements
Modified; Mc = 0.55
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Fig. 31 Pressure Distribution Computed on Airfail With Flap System Constructed After
One Design Cycle; Both Airfoil Elements Modified; M, = 0.55
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Fig. 33 Airfoil with Flap System Attained After Four Design Cycles; Both Airfoil
Elements Modified; M. = 0.565
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This study has resulted in the development of reliable computer codes
for the analysis and design of two-element airfoil configurations at transonic
speeds. Computations on a wide range of configurations have been shown to be
in good agreement with the limited amount of data available. However, further
work is required to make the theory more general.

g ' 5. DISCUSSION AND CONCLUSION
|

The analysis code employs a semi-empirical theory for the trailing edge
flow region. This region has been recently treated by Melnik et al. (Ref 7)

DPreD

more carefully. Their asymptotic analysis of this flow has led to the

development of a very accurate computer program for the analysis of clean ]
airfoils at transonic velocities. With this theory not only surface pressures

but also 1ift and drag coefficients are predicted well. The theory can be

adapted to the two-element case with some modifications. The main one '
involves the treatment of the wake. As in the present problem, the
single-element theory of Melnik et al. uses the surface source boundary
condition to account for the viscous shear layer an the airfoil. In addition,
a sink distribution is placed on the wake, or rather on the coordinate line
closest to the wake, to account for the wake thickness and curvature. In the
single-element case, the exterior of the airfoil is mapped to the interior of
a circle with infinity at the center. A radial line connecting the center of
the circle to the trailing edge on the circle itself then closely approximates
the wake centerline, especially just behind the airfoil where the wake effects

are concentrated. In the two element case, there are no coordinate lines that
approximate both airfoil wakes as Fig. 6 shows. This difficulty can be
overcome by replacing the wake sink distribution with additional downwash on
the airfoil surfaces,

The present program should also be generalized to take into account :
the possibility of shear lavers from the two airfoils merging with each other,
as might be the case where the two elements are very closely spaced.

Low-speed high-1ift systems are usually designed in such a way that the gap
between the elements is the smallest possible without having merging of the
shear layers. Whether this is to be done at higher speeds is still to be
demonstrated. Nevertheless a computer program should be able to determine the
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detrimental effects of such an occurrence if it is to find an optimum
arrangement for a pair of airfoil elements. Merging can occur at the slot
between the two elements, but such an occurrence is extremely rare, unless the
slot is very long and the slot width is relatively small. This problem has
not been treated even in the incompressible case and an investigation of the
turbulence structure of such a region would need to be undertaken. A start
toward such a study is given by Bradshaw in Ref 23.

A more common type merging is the mixing of the wake of the front
element with the upper surface boundary layer of the rear element. Several
integral methods, such as those in Ref 24 and 25, exist to treat this type of
flow. These are based on velocity profiles more common on flap
configurations. They are deficient in the case of the wake of a slat merging
with the boundary layer of the main element. But, again, the probability of
merging in the case of a slat flow is much smaller than in the case of a flap
arrangement because of the former's considerably thinner wake coming off the
trailing edge. Nevertheless, the slat configurations could be handled by a
finite difference computational scheme similar to that in Ref 13 and described
in Section 3.

As mentioned before, it would be desirable to speed up the computational
scheme. Experimentation with the code has indicated that with simple
eigenvalue extrapolation schemes such as those described in Ref 26 can yield
reductions of 40% in the number of relaxation cycles needed to achieve a
converged relaxation solution for the inviscid flow. However, the procedure
is not reliable. More dramatic reductions in running times can be obtained by
the use of multigrid techniques as described by Brandt (Ref 27). Arlinger
(private communication), who has developed an inviscid code similar to that
described in this report (Ref 28), has implemented a scheme of this type and
achieved a speed-up as large as a factor of five.

Also needed are experimental data, preferably separation-free, on
high-1ift systems at transonic speeds. The data would be useful in verifying
the analysis tools developed and in providing guidelines for future transonic
maneuvering devices. Such data have recently been obtained by the author in
an experimental test conducted under the sponsorship of the Office of Naval
Research and will be reported on shortly.

54




In the area of configuration design, more basic research is required.

As was shown in the examples of Section 4, the numerical procedure developed

restrictions on the relative sizes of the two elements or the placement of
either. Even in its present state as a4 pilot program it can generate
remarkable results. The examples shown are really representative desiqn
cases., For while it is true that the input was a modification of a direct

solution, the changes asked for were not small and the lift coefficient was

A s s e

changed substantially. Also this mode of configuration design - altering

' here can handle an arbitrary two-element configuration. There are no

computed results to achieve desired flow characteristics - is very common in

practice. Uf course, with such a procedure the chances that a physica'ly

acceptable airfoil system actually exists are much better than they wculd be

if the target pressure distribution was arbitrary. The procedure requires the
solution of a sequence of direct and inverse problems, which can be costly in

terms of computing time, and needs a man/woman in the loop to achieve trailing
edge closure. This mode of operation, while acceptable, is not efficient. A !

method that automatically achieves trailing edge closure and can design to

arbitrary pressure distributions is much more valuable. Flows with
characteristics drastically different from those on present confiqurations

could be explored. Such a method has recently been formulated for the single

airfoil case. Its extension to the two-element case is to follow.
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